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Page U, lines 1 t o  20: The discussion i n  paragraphs 1 and 2 is mis- 
leading,  since the theoretical  akin-friction  coefficients given axe 
based on an erroneous  value of the effective chord, L i n e s  1 t o  20 on 
this page should therefore be deleted and replaced by the following 
paragraph: 

The laminax skin-friction values used for  wings 1, 2, and 3 were . 
ernpi r icuy  determfned from aa examination of the  data for  the wings 
w i t h  attached shocks fram this investigation and data fram 2.5- and 
5-percent-thick  dodle-wedge-section  delta wings tested at M = 6.9. 
Good agreement with the data was obtained when cf fi = 4.89 and 
the  pressure-drag  coefficient was  assumed t o  be equal to that f o r  the 
wing section  ( in the streemwise dlrection). On the  assuuption that 
the flow was partly conical i n  nature for wings 4 and 5 with detached 
shocks,  the  empirical  coefficient Cf fl = 4.89 w a s  modified sl ight ly  
t o  C f f i  = 4.66. 

Page 42: The label  fo r  the top curve in figure 6 should have the paren- 
thetic&  statement  "(based on triangular flat pla.te)" deleted. 

NACA-Langiey - 8-11-6s - as0 
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INVZSTIGATION OF THE AXRODYEIAMIC CHAEWTERISTICS AT HIGE 

SUPERSONIC MACH NUMBERS OF A FAMIIX OF DELTA W I N G S  

TE1c-s m 0 . B  CHORD 

By Mttchel H. B e r t r a m  and William D. bkCauley 

SUMMARY 

. 

A program t o  investigate  the aerodynamic characteristics of EL family 
of delta wings w i t h  a blunt double-wedge section has been  conducted at the 
Langley 11-inch  hypersonic  tunnel. These wings had a maximum thickness 
of 8 percent of the chord located at  the L8-percent-chord point. For the 
w f n g s  t e s t e d   a t  a Mach nmiber of 6.9, the semiapex angle w a s  varied f r o m  
30° t o  5O and the wings were tested over a range of angle of attack from 
g0 t o  28' and Reynolds numbers in the  range of 0.8 x lo6 to 3.6 x lo6 
based on root  chord. In addition,  pertinent  results fran tests a t  Mach 
numbers as low  as 1-62 have  been u t m z e d .  The shock-expansion theory 
and the Newtonian impact theory have been  used t o  analyze  the  effects of 
changes made i n  the  various  parameters  investigated. 

The l i f t  and drag  coefffcients w e r e  found t o   l i e  in the region 
bounded  by the two-dimensional  shock-expansion theory and the Newtonian 
impact theory. 

Consideration of the  available  data for these wings at Mach nmibers 
between 1.62 and 6.9 indicates that w h e n  the leading-edge shoak wave i s  
detached the  drag and lift-curve slope a t  zero angle of attack f o r  a given 
semiapex angle tend toward the values given by two-dimensional  shock- 
expansion theory  with  increasing Mach  number  when the semiapex angle i s  
equal t o  or greater than 220. For semiapex angle8 less than the data 
indicate that the trend with increasing Mach number is t o  approach the 
approximate value f o r  the  particular wing given by the -pact theory. 

me  l i f t -drag  ra t io   increases  w i t h  decreases i n  semiapex angle due 
mainly t o  a rapid  decrease in chord force as the  angle of attack 
increases. 
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mere are relat ively l i t t l e  data  for lifting wings in the Mach  num- 
ber range above about 3 .  A t  Mach  number 6.9 there are the  data  obtained 
by McLellas, Bertram, and Moore (ref. I), and McLellan (ref. 2), and at 
Mach  number 4 . a  there i s  the  information  variously  obtafned by ulmann, 
Lord, Dunning, and Smith (refs. 3 t o  6 ) .  Reference 7 presents much of 
the ayailable  data  for thin delta wings in the  range  of Mach numbers 
from 1.6 t o  6.9.  Much of the data in references 1 t o  7 are for  plan 
forms other thas delta. 

Force predictions  for thin delta wings can be obtained  through  appli- 
cation of the linear  theory developed by Puckett, Robinson, Stewart, and 
Brown (refs. 8 t o  1 2 )  which allows separate  consideration  for the effects 
of  thickness (on the drag), camber, asd angle of attack. However, the 
accuracy of these  predictions of the aerodynamic forces depends upon 
whether the shock is attached  since even a t  the lower supersonic Mach 
numbers force  predictions  for w i n g s  where the shock i s  detached can be 
rather poor and, i n  addition, a t  the  higher Mach numbers the lift becomes 
significantly dependent upon the wing section, whereas the l i f t  derived 
f"rcan L i n e a r  theory i s  based on a w i n g  with zero  thickness. A recent 
investigation by Elmarm and Bertram (ref. 7) shows that two-dimensional 
shock-ex-pansion theory i n  combination with linear theory may be applied 
t o  th in  delta w i n g s  to  obtain  accurate  predictions of lift-curve  slope 
and m i n i m p  drag i f  E modification of the theory is  assumed t o  account 
for shock detachment. 

WFngs whose thickness  distribution no longer allow the  designation 
"tbin" are of in te res t  and fo r  such w i n g s  the linear  theory  or i ts  modi- 
f ications would not be expected t o  give  accurate  predictions f o r  the 
aerodynamic characterist ics.  In t h i s  case, other theoretical  methods 
such a8 shock-expansion theory and N e w t o n i a n  impact theory must be  used. 
Wings w i t h  a relatively  thick  section have been tested by Love (ref. 13) 
st Mach nmbers from 1.62 t o  2 .bo. These wings were 8 percent  thick a t  
the 18-percent-chord point. In  order t o  extend the Mach  number range of 
these data, the present investigation was planned t o  t e s t  wings with a 
de l ta  plan form at  Mach number 6.9 y i th  the same thiclmess  distribution 
as those  tested by  Love. The s d a p e x  angle was varied from 30° t o  5O 
and the wings were tested over a range of angle of attack frm Oo t o  28O 
and Reynolds numbers based on root chord i n  the range of 0.8 x LO6 
t o  3.6 x 106. 
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Subscripts: 

03 two dimensional 

0 zero  angle of attack 

i inviscid 

r root 
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Tunnel 

This  investigation was conducted in the  Langley  11-inch  hypersonic 
tunnel, an intermittent  blowdarn  tunnel,  which f o r  these  tests  utilized 
a single-step  two-dimensional  nozzle with a central  core of uniform  flow 
approximately 5 inches  square. The Mach number in this central  core  is 
approximately 6.9. A description of the  tunnel-  be  found in refer- 
ence 14 and a description of the nozzle and its calibration  at a stagna- 
tion  pressure of 25 atmosphere8 i n  reference 15. 

Instrumentation 

The  measurement of the  forces on the  models was accomplished through 
the  use of two,  two-cornponent  strain-gage  balances of different  sensitiv- 
ities and a balance f o r  the  measurement of pitching  moment.  The  more 
sensitive  two-component  balance was used in the low angle-of-attack  range 
and measured forces  normal  and  parallel to the wing chord. m e  other 
two-cmp0nen-L  balance  measured lift and drag  directly and was used f o r  
moderate  and high angles of attack. The balances  ere  temperature  compen- 
sated and the  sensitivity to uneven  heating  effects has been  reduced to 
tolerable limits by insulation. For a more  dekailed  description of the 
two-component  balances,  see  reference 1. 

The  base  and  balance  pressures for w e  with  the  sting  corrections 
were.measured  by means of an aneroid  type  six-cell  recording unit 
described in reference 14. The  stagnation  pressure was measured with 
Bourdon  tube gages with an accuracy of 1/2 to 1 percent. 

Models and Supports 

The five wings investfga-bed  had  double-wedge  sections in the  free- 
stream  direction and were symmetrical about the  chord with t h e  maximum 

L 
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thiclmess of 8 percent of the chord located a t  the  l8-percent-chord  point. 
The largest  wing semiapex angle w&s 30° and the  smallest semiapex angle 
vas 5'. These w i n g s  are shown in  table 1 and a photogrqh of wings '  2 
and 5 on the i r  mounting s t ing is presented in figure l(aj- The surfaces 
were  ground and the leading edges w e r e  frcm 0.001 t o  0.002 inch  thick. 
The wings w e r e  supported on stings whose pertinent dimensions me sham 
in f igure  l (b)  . 

Schlieren System 

A schlieren s y s t e m  w a s  used t o  study flaw characteristics and obtaln 
the angle of attack. A t  present, a horizontal  single-pass system. is 
employed. The system incorporates a horizontal knlfe edge, and film 
exposures are  of several microseconds duration. The angle of attack was 
measured fram the schlieren film negatives t o  w i t h i n  0.20 through the use 
of an optical  comparator. 

Surface Film Flow Studies 

Surface flow studies of wing6 2 and 5 were made by photographing the 
patterns made by streaming  graphite and fluorescing  mineral oil der 
ultraviolet  light during a run. me wings were coated with SAE 30 lubri- 
eating o i l  before  the run and graphite w a s  spotted along the lead-  edge. 
Views of wing 2 w e r e  obtained  both w i t h  a 35-millimeter still camera and 

graphed only with  the  motion-picture camera. The cameras w e r e  equipped 
with suitable filters t o  photograph the fluorescing o i l  t o   bes t  advantage. 

- 
.. w i t h  a 16-miuimeter  motion-picture camera, xhereas Xing 5 was photo- 

TuNmEL CONDITIONS 

During the tests  the  tunnel was operated at a stagnation  temperatwe 
of about ll3Oo R and through a stagnation pressure range from 15 
t o  40 atmospheres, An exception to  these  conditions w a ~  the  surface film 
flow t e s t s  where the temperature was purposely maintained somewhat lower, 
averaging  about logo0 R. The air was heated by being  passed  through  an 
electrical  heater  with Nichraane tube  resistance elements which replaces 
the  storage  heater of references 1, 2, 14, and 15. The ode1 Reynolds 
numbers (based on root  chord) varied from about 0.8 x 10 2 t o  3 -6 x 106. 
The length of t h e   t e s t  runs varied from 60 t o  75 seconds. The data were 
evaluated a t  55 seconds after the s " t  of each run in order t o  reduce 
the effects of a s l ight  k h  number variation with time during the run. 
number i s  6.90 at  a stagnation  pressure of 33 atmospheres. At a stagna- 
tion  pressure of 21 atmospheres, calibrations ,have indicated & Mach number 

c Recent nozzle  calibration shows that at this time  during  the run the Mach 

" - 
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of 6.84 a t  this time while Mach numbers of 6.86 and 6.92 are  indicated 
a t  stagnation  pressures of 25 and 37 atmospheres, respectively. 

Errors i n  coefficients  can mise from errors i n  evaluatfng the Mach 
number, stagnation pressure, and angle of a t tack as w e l l  as inherent 
errors  introduced by aerodynamic heating  effects on the  balance and inter-  
action of the force ccmponents. The maximum error  possible a t  several 
values of GL and CD due t o  these factors is belleved t o  be as shown 
in  the  following table fo r  the pressure a t  which  most of the lifting wing 
data were obtained. 

Balance Percent  error CD Percent  error CL 

1 
0.01 

5 .22 3 .45 
7 .OO 4 .22 

5 -043 7 .02 
3.5 0.016 10 

(sensitive) 13 5 

2 
- 

In  the evaluation of "t coefficients and, consequently,  center 
of pressure, there is an additional  source of error  introduced by the 
transference of the moment BB measured about  the  balance  center of 
moment to   t he  desired point on the wing. The maximum error in individual 
moment data points is believed t o  be as follows: 

7 

wing 2 

S . P .  N M  ' N.P.  N M  

wing 5 

2 0.0004 0.02 

.01 .ooE .015 .a326 13 

.01 .0008 .015 .a117 10 

.02 .m05 .015 .0008 5 
0.05 0.0004 

a, deg 

L I .  

The forces as measured include the force due t o  the  st ing support, 
interference  effects of the support, and base- and balance-pressure 
effects  on the  support.  Corrections due to   t he  l i f t  and drag of the 
support  sting were applied to   the  coeff ic ients   ut i l iz ing  the  forces  on 
similar stings tested without wings. No attempt was made t o  determine 
the  interference  effe-cts between s t ing  and w i n g .  IIzley are believed  to 
be small since  the  area  affected by the shocks f r o m  the s t ing  is small 
and the  pressure rise due t o   s t i n g  is believed to be wall. The pressures 
a t  the base Of the s t ing  m d  in  the  balance w e r e  d i f ferent  when a 

. 
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sting-mounted w i n g  was tested than when a tare  sting  was  tested;  there- 
fore, a correction  was  made  to  the  total  drag  coefficient  to  account for - this  pressure  difference. 

RESULTS AND DISCUSSION 

Lift  and Drag Characteristics 

Figure 2 presents  the  lift  and drag coefficients and the lift-drag 
ratio  as a function  of  angle  of  attack  for  the wi.ngs tested.  The  solid 
Lines are the  values of these  parameters.  predicted for the  airfoil sec- 
tion (in the streamwise  direction)  by  the  two-dimensional  shock-expansion 
theory  (see  table 11), whereas  the  dashed lines are  the wing coefficients 
obtained  from  the  Newtonian  impact  theory  (appendix A ) .  The same value 
of  skin-friction  coefficient has been added to the pressure-drag  coeffi- 
c i e n e  both the  shock-expansion and impact  theories,  the  skln-friction 

Gc?ficient being  estimated  as  given in a later  section  concerning  the 
i, drag  at  zero  angle  of  attack. 

F>? 
Lift  coefficient  as a function of angle of attack.-  The lift coeffi- 

cients  of  the  wing having a semiapex  angle of 300 (fig.  2(a))  are  close 
to  the  predictions  of  the  two-dimensional  shock-expansion  theory at very 
low angles  of  attack,  but  are  more than twice as great as the  predictions 
of the  Newtonian  impact  theory. As the  angle of attack is increased,  the 
experimental  values of lift  coefficient  drop markedly below  the  preaic- 
tions  of  shock-expansion  theory.  The  angle of attack at which the lift 
values  begin  to fall below  the  predictions of the  shock-expansion  theory 
is only slightly  less  than  the  theoretically  predicted  shock-detachment 
angle.  (See  apendix B. ) '1Ihis  is  in  general  agreement in this  respect 
with  data  obtained on thin  delta wings at Mach nmbers of 4 and 6.86 
(ref. 7). 

As the  semiapex  angle  is  decreased, the lift  coefficients at aqy 
given  angle of attack  decrease  still  further  below  the  shock-expnsion 
theory  (figs . 2 (b to 2 (e) ) and  approach  the  values  predicted by the 
Newtonian  theory.  Whether  or  not  the  Newtonian  theory  can  be  expected 
to  give a lower  limit  for  the  lift of  these w i n g s  at 8zbitrarlI-y  high 
k h  numbers w i l l  be  considered  later. 

In order  to  show  more  readily  the  change fn the experimental CL 
for  the  various  semiapex  angles in comparison  to  the  values of CL 
predicted  by  the  two-dimensional  shock-expansion  theory,  as a function 
of  angle of attack,  figure 3 has been  prepared. BI addition,  the  ratio 
given by the  Newtonian  impact  theory  between  the  lift for  delta  wings 

as shown in appendix A ) .  The  decrease in the emerimental d u e s  of CL 
I and  the  two-dimensional  lift has been  included in figure 3 (calculated 
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below  that  given  by  the  two-dimensional  shock-expansion  theory  as  the 
semiapex  angle  is  decreased is quite  marked. As u approaches  zero  for 
the wing wlkh E = 30°, the  experimental CL approaches  that  given by 
two-diaensional  shock-expansion  theory;  however,  at a = 160 it is about 
20 percent  belaw  that  given  by  shock-expansion  theory. For the  wing  with 
the highest  sweep, E = 5O, the  experimental CL is  about 63 percent 
below the shock-expansion  values at very low u and about 45 percent 
below at a > 15O. It  is  interesting to compare  the  results of the  cal- 
culations  based on the  Newtonian  theory  with  the  experimental  results 
presented  in  figure 3. The wings with the  largest  apex  angles, E = jOo 
and 22O, in  addition  to  having  the  experimental  results poorly predicted 
by  the Newtonian theory,  have a different  trend  than  is  given by the 
theory.  The wings with  semiapex angles less than 22O can be  said  to  have 
their  trends  predicted in a qualitative  sense though qpantitatively  the 
predfction  is  poor. 

Slope of the lift curves  at  zero -le of attack.- As a starting 
point for exrploring  the  posBZbility of predicting  the  lift of these  wings, 
the  lift-curve  slopes  at Oo angle of attack  will  be  studied  according to 
parameters  suggested  by  the  linear  theory. D e  initial  lift-curve  slope 
can  also be an important  consideration in certain  atability  problems. 

According to linear theory, If %.e ratio of the  lift-curve  slopes 
at  zero angle of attack of delta wings to  the  two-dimensional  lift-curve 
slope  are  pl&tted  as a function of tan  €/tan m the  results  will  corre- 
late on a given  single  curve.  The wings of thfa  investigation, 8 percent 
thick with the maximm Wclmess forward at  the  18-percent-chord  point, 
cannot  be  considered thin Fn the  sense of the  linear  theory  even  at  rela- 
tively Low supersonic  Mach  numbers 88 shown  by  Love (ref. 13) in tests 
of delta  wings with this section at Mach  numbers  in the range 1.62 
to 2.40; however,  Love  did find that hie data  correlated on essentially 
a single  curve though not that given  by  the  linear  theory.  The  data of 
Love and that of the  present  investigation  are  presented In figure 4. 
!Be  two-dimensional  lift-curve  slope  used  to  nondimenaionalize  all  the 
data on this figure is  that  given by the  shock-expansion  theory  which was 
shown  in  reference 7 to  @ve good results for thin w i n g s .  The good corre- 
lation of Love's  data  is  quite  evident. 

t 

The  data  for M = 2.40 show an increase in lift-curve-slope  ratio 
as the  tangent  ratio  (tan € / t a n  m) increases,  apparently  approaching a 
value of 1 at a value of the  tangent  ratfo  near  that for shock  attachment. 
Though the  data sham for M = 1.62 and 1.92 correlate well with  the 
2.40 data,  it  must  be  pointed  out  that  the  data  for  the  lower  Mach  numbers 
have  not  been  carried  to a high enough  value of tangent  ratio  to  determine 
whether  or  not  they  will  diverge f'rm the M = 2.40 data at some  point 
and  approach theh respective  phock-attacknnent  points  shown on figure 4. 
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The  data  obtained in the  present  investigation at M = 6.9 do not 
correlate  with  the data of reference 13 Wlo@ these  data  do  exhibit 
similar characteristics. At a value  of  the tangent ratio  greater than 
that  for  shock  detachment  the lift ratio ia close to 1; at values of  the 
tangent  ratio  less than that for  shock  attachment  the  lift  ratio  appaz- 
ently decreases  abruptly from its  value  neaz 1 with  the  general shape of 
%he  curve in this  region behg somewhat similar to Love ' 8  for M = 2.40. 

It is  obvious  that  for wings such  as  these the method  devised by 
Ulmann and Bertram  (ref. 7) for  predicting  the zero angle-of-attack lift- 
curve  slope  cannot  be  applied  since  it  is  based on the  Ilneaz  theory  and 
is  thus  restricted  to  thin  wings  where  the  tangent  ratio  for  shock  attach- 
ment is  reasonably  close to a value of one. 

Since  correlations  for t h e  data at M = 6.9 with lower bhch  number 
data  based on the usual parameters suggested by 1Fnear  theory  are not 
feasible,  it was deemed  advisable  to  compare the data on the basis of 
other  variables  which  would  allow a more  direct  assessment of the k c h  
nmber effects,  which  are  obviously  large at hlgh lkch nmbers. Thus, 
figure 5 was prepared in which  the  zero  angle-of-attack  lift-curve slope 

Included in this figure m e  data at Mach n h e r s  f r o m  1.62 to 2.40 
(ref. 13), unpublished  data  obtained  at M = 4. & In the Langley 9- by 
9-inch  Mach  number 4 blowdown jet,  and  data fram the  present  tests  at 
M = 6.9. 

., is  presented as a function  of  the  reciprocal of the Mach number.1 

For  semiapex  angles of 22O or greater  the data form a family of 
essentially similar curves with the  data  for a given E approaching  the 

number  is  increased  and  attaching to it at a Mach  number  slightly  higher 
than that fndicated  for  shock  attachment.  The  shock  attachment values, 
however,  serve as EL guide  for  the  proper  fairing of the data. The  shock- 
expansion  theory  was  evaluated  to a Mach  number of 40 assuming  the  ratio 
of the specific  heats to be inmiant at a value of 1.4, the  dashed  por- 
tion of this  curve on figure 5 ind.icates  values  ex-tzapolated from M = 40 
to M = 03. The  lift-curve  slope given by shock-expansion  theory  from 
M = 03 is, as expected,  considerably  higher than tht given by  the two- 
dimensional  Newtonian  theory. 

I curve  given by the  two-dimensional  shock-expansion  theory  as  the  Mach 

In the  actual  case,  however,  the  values  of the aerodynamic  coeffi- 
cients at extremely  high  Mach  numbers CRZI be  expected to approach more 

y = 1.4, since at extremely high  Mach nmbers the  area  affected by shoch 
I 

I nearly  the  Newtonian  theory  than  the  shock-expansion  theory, with 

I '  lLinear  theory  suggests l / { n  as an abscissa and for thin wings 
0 this parameter might be used to good advantage  but has no advantage  over 

the  reciprocal of the  Mach rider for  the  thick w i n g s  used in this inves- 
tigation. - 



10 I_____ NACA RM L9G28 

from  the  surface  becomes a thin  film an the  surface  with an extremely 
large  temperature  rise  where  the  ordinary  assumptions  of  flow  without 
conduction  or  radiation  would  no  longer  apply.  (See  Epstein,  ref. 16, 
and  Laitone,  ref. 17.) Additional  deviations  from  the  shock-expansion 
theory  as  the  Mach  number  becomes  very  large  might  be  expected  if  one 
considers  the  case  where  the  viscous flow fills  the  space  between  the 
surface  and  the  shock  wave,  and  shock-boundary-layer  interaction  becomes 
important. .(See Shen,  ref. 18. ) 

Below a semiapex  angle of 22O (between E = 22O and E = 17.9" 1 a 
decided  change  occurs  in  the  trends of the  experimental  data at the  higher 
Mach  numbers.  The  data  for E = 17.90 apparently  are  not  defined  by  this 
wing's  shock-attachment  point  as  the Mach number  approaches  the  value  that 
is  theoretically  indicated  to  be  that  for  shock  attachment.  Instead,  the 
lift-curve  slope  appears to approach  more  nearly  as a limit the value 
given  by  the  NeKtonian  impact  theory.  This  appears also to  be  the  case 
for E = 9.93O. (The  dashed  portion  of  the  curve for M < 6.9 for 
E = 5O m s  obtained  from an extrapolation  of  the  data from reference 13 
and  the  Langley 9- by  9-inch  Mach  number 4 blowdown  jet  and  is  intended 
to  serve  as a guide  for  the  approximate  values  of  (dCdda)o  to  be 
expected in this region.)  For  the more highly  swept  wings,  then, it, 
appears  that  the wing geometry  is such that  shock  attachment  does not 
have any decided  effect  upon  the  trend  of  the  lift-curve  slope  with  Mach 
number, This apparent  disappearance  of  the  effect of shock  attachment 
would  be  expected  to  manifest  itself  at  still  larger E as  the  angle of 
attack  increases, 

C 

. 

Drag coefficient  as a function o f  angle of attack.- For the  drag 
coefficient  at angle of attack  much  the  same  comments  apply as for  the 
lift  coefficient  considered  previously. For a semiapex  angle  of SO0 
(fig.  2(a)) at  very l o w  angles of attack  the  drag  coefficient  is  close 
to the  prediction  given  by  shock-expansion  theory. As the  angle  of  attack 
is increased  the  experimental  values of CD drop  markedly  below  the 
theory. As the  semiapex  angle  is  decreased,  the drag coefficient  at any 
given angle of attack  is  decreased  still  further  below  the  shock-expansion 
theory  (figs.  2(b)  to  2(e)) and approaches  the  Newtonian  impact  theory. 

Drag  coefficient  at zero angle of attack.- An examination of the 
drag  coefficient at zero  angle  of  attack  as a function of Reynolds  number 
(fig. 6 )  indicates  that  its  variation  is  consistent  with  the  assumption 
of a laminar boundary  layer. At a given  Reynolds  number  the  drag  coef- 
ficients  of  the W ~ I I ~ S  w i t h  E = 30° and E = 22O are  practically  equal 
while  with E decreasing  below 22O .the  drag  decreases,  the  variation of 
drag  coefficient  with  Reynolds  number  being  essentially  unchanged. 

For the wings  with E = 22O and 30° the shock-expansion wave drag 
plus an estim&ted lamfnary skin-friction  coefficient  represents  the  exper- 
imental  data  with good accuracy  over  the  range of test  Reynolds  numbers 
(0.8 X 106 to 2.7 x 106). 
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At this point  it  mfght  be  well  to  give  the method of estimating  the 
skin-friction  coefficients  uked in this report. For a triangular flat 
plate  at  zero  angle of attack  where  the boundary layer  formed on the 1 plate 
is lamFnar, it  can  be  shown  that  the  effective  chord  for  obtaining  the 
average  skin-friction  coefficient of the  plate  is one-fourth of  the 

. root  chord. under the conditions of the  present  tests (M = 6.9 and 
To = ll3Oo R) and using the  results  given  by  Bertram in reference 19 
for an insulated  flat  plate 

- 

I 
I 

where R is  the  Reynolds nunher based on root  chord.  For  the  front sur- 4~ 
faces of the highly swept wings the  flow in the boundary layer  can  be 
considered to be  more  conical in nature than tu0 dimensional. Assuntng '<: 
the flow to  be  conical  over  the  entire wing where  the R e y n o l d s  number on '.3 
the wing is  equivalent  to that in the free  stream  for  the  same  length, a 'i' 

constant  is  obtained  which  differs f'rm that  given in equation (1) 
resulting in the following relation i 

'e 

i 
4.44 Cf = - 
6 

Equation (1) w88 used in eatimating Cf for wings 1, 2, and 3, 
whereas an average  between  equations (1) and (2) (Cff i  = 4.66) was used .: 
for  wings 4 and 5. 1 

Using  these  estimated  skin-friction  coefficients t h e  inviscid  zero- 
angle drag  coefficients  were  found  for  the data at M = 6.9. The  inviscid 
zero-angle-of-attack  drag-coefficient  data at Mach numbers *am 1.62 
to 2.40 were obtahed from reference 7 where  the  data  presented in ref - 
erence 13 were  corrected  for skin friction w i t h  the  assmrption  that  the 
boundary  layer  was lmninar up to the  ridge  line and turbulent  after  the 
ridge  line.  These  values  haxe  been  divided by the values  frcm  shock- 
expansion  theory and are  presented in ifgure 7 as a function of tangent 
ratio,  the same parameter  previously  used to present  lift-curve-slope 
data  (fig. 4). The present  data  at M = 6.9 do not  correlate with that 
at  the  lower  supersonic Mach numbers. !the discrepancy  between  the two 
sets of data is too b g e  to  be  explained on the basis of incorrect  esti- 
mates  of skin friction. 

With similar reasoning to that  used  for the zero-angle-of-attack 
lift-curve  slope the inviscid  drag  coefficients  at  zero  angle of attack 
are  presented  as a function  of  the  reciprocal of the  Mach  number Fn 
figure 8. Again, this figure  .includes data at  Mach nmibers from 1.62 
to 2.40 (ref. l3), a8 shown in figure 7, unpublished  data  obtained in the - * 
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Langley 9- by  9-inch  Mach  number 4 blowdown  jet  at M = 4. dt, and data 
From the  present  tests  at M = 6.9. Much  the  same  effects as were found 
in  the  case of lift-curve  slope  (fig. 5) are sham by  the  drag data. 
Again,  for  semiapex  angles  of 22' or  greater,  the data form a family of 
essentially  similar  curves  with  the  data fo r  a even semiapex  angle 
approaching  the  curve  given  by  the  two-dimensional  shock-expansion  theory 
and  attaching  to  it  at  about  the  Mach  number  theoretically  indicated  for 
shock  attachment. 

The shock-expansion  theory was evaluated  to a Mach  number  of 40 
( y  = 1.4). The  dashed  portion of the  curve f o r  shock-expansion  theory 
between M = 40 and M = OD on figure 8 indicates  extrapolated  values. 
The  zero-angle drag coefficient  given by shock-expansion  theory  for 
M = m appears  to  be higher than  that  given  by  the  two-dimensional 
Newbonian  theory.  It  should  be.  pointed  out  that  expansion  waves from 
the  model  surface  reflected from the bau shock of the  two-dimensional 
wing strike  the  rear  surface  at the lower  supersonic  Mach  nwnbers.  At 
M = 1.62 the  first  wave  etrikes  the  body  at  the  79-percent-chord  point. 
For  such a condition  the  shock-expansion  solution  is  not  exactly  equiva- 
lent t o  the  characteristics  solution. 

Below a semiapex  angle of 22O (between E = 22O and E = 17.9') 
there is a change in the  tendencies of the  data. As the  Mach  number 
approaches  the  Mach  number  that  is  theoretically  indicated  to  be  that 
for  shock  attachment  the  data  for E = 17.90 apparently  are  not  defined . 
by  its  shock-attachment  point.  Instead,  this  curve  and  that  for E = 9.9O 
approach, as a limit, a value  that may be  approxima,tely  given by the 
Newtonian  theory.  The  dashed  portion of the  curve  for e = 5O at - 
M < 6.9 was obtained  from an extrapolation  of the data  from  reference 13 
and  the  Langley 9- by  9-inch  Mach  number 4 blowdam jet  and is intended 
to serve as a guide for  the  approximate  value of Cmi to  be  expected 
in this region. 

Variation  of  the  chord-force  coefficient  with  angle of attack.- 
Meastrrements of Cc were made on all  the wlngs at low angles of attack 
and these  data  are  presented in ffgure 9 as the  ratio of the  change  in 
chord  force from the  value  at  zero  angle of attack to the  fnviscid  zero- 
angle drag  coefficient  as a function of angle of attack. In the two- 
dimensional  case  shock-expansion theory indicates an increase in Cc  with 
a and  the  experimental  values from the wing with E = 30° agree  with 
this predicted  increase.  However, f o r  E = 22O a decrease in Cc  below 
the zero angle-of-attack  value  was found with  increasing a and fo r  still 
smaller e further  decreases  were found. 

Impact theory  indicates  that Cc will  decrease  below C D ~  as IS 

decreases;  still,  the  decrease shown experimentally  occurs at a much lower 
angle  of  attack  than  does  the  decrease  based on impact  considerations. 
Part of the  decresse may be  attributed  to wing geometry (as indicated  by 

. 

L 
- 
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impact  theory)  but other factors  must  also be present.  Changes in skin 
friction with angle of attack cannot be expected to account far the 
decrease in Cc that  have been measured.  Ordinarily the skin friction 
is  expected to increase with angle of attack. The  often  discussed  leading- 
edge  suction  comes to m i n d  in this regard  but now definite can  be 
stated  at  the  present time, 

. 

Lift-drag ratio.-  The experimental lift-drag  ratios of the wings 
having semiapex  angles of 30° and 22* (figs. 2(a) and 2(b) ) agree  very 
well with the  predictions of the two-dimensional  shock-expansion  theory. 
However,  at the  higher  angles of attack t b i s  agreement  occurs  because  the 
emerimental lift and drag  coefficients  are both lower than  the theoreti- 
cal predictions by  approxhmtely equal percentages.  The  experimental 
lift-drag  ratios for the wings having semiapex angles of 9.93O and 50 
(figs.  2(d) and 2(e) ) axe  considerably greater than those  obtained f r o a n  
shock-expansion aeory ass- the sane estimated skin friction, and 
the  agreement with the  predictions of Newton ian  theory  is also poor. 

Esrlier  it bas been stated  that the N e w t o n i a n  theory  predicts  large 
decreases in chord-force  coefficient for these wings at angles of attack 
above 2.79. mese decreases  result in the increases in the  lift-drag 
ratio  which  are  indicated in figure 10. W e  increases in lift-drag  ratio 
are  rapid  as B is  increased below about 180. In order to crarrpare the 
experimentally  obtained  increases Fn L/D w i t h  those  predicted by the 
Newtonian  theory,  the  shock-expansion theoretical values of L/D were 
Fncreased by the ratio of the  three-dimensional Newtonian L/D to the 
two-dimensional N e w t o n i a n  L/D given in figure 10. This comparison  is 
shown in figure 11 for wings 3, 4, and 5 (e = 17.91°, 9-93O, and 5 O ) .  
Wings 1 and 2 are not included,  since Newtonian theory (fig. 10) alters 
the  two-dimensional  lift-drag  ratio only sl€ghtly. An estimated skin- 
friction drag  coefficient (shown Ftl fig. 2) has been subtracted f r c n n  the 
experimental  results.  The trend of this modification to shock-expansion 
theory is seen  to be approximately  correct,  but for the wing having 
E = 5O the  experimental value of maximum L/D is  displaced from that 
given  by  the  theory.  The reason for  this  is  apparent from an examination 
of the  experimental  chord-force data (fig. 9) and the chord-force  coef- 
ficients  obtained from impact  theory. Experhentally, where  a  decrease 
in chord  force occurs, 'it starts  at  zero  angle of attack and continuously 
decreases to an angle of attack between 6 O  to Bo while f r a m  impact  theory 
the  decrease in chord force (with its  associated  increase in L/D 
(fig. 10)) only begins when the  bottam  rear surface becames  exposed to 
the stream,  that  is  above an angle of attack of 2.79. 

Lift-drag  ratio as a function of lift coeff'ic1ent.- In order to show 
the  relative  merits of these wings on a l i f t - d r a g  basis the wings have 
been compared  assuming  constant  area ( s h m  in fig. 12). Several bases 
of coIllparison are  possible and the canstant-area  sssrmrptian was chosen 
as having the  advantage of simplicity in addition to be- a logical meens 
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of comparison. Up to l i f t  coefficient of 0.1 the L/D of the wings 
increases w i t h  decreasing E. Above this l i f t  coefficient the w i n g s  w i t h  
the smallest E appeaz t o  have a slightly lower L/D than those with 
say, E = 30° and E = Eo. The variation of L/D with CL is  pre- 
dicted rather w e l l  by the modified shock-expansion theory, w i t h  the 
exception of the w i n g  w i t h  E = 5O, up t o  a value of CL of about 0.08, 
above  which value of CL the modified shock-expansion theory  overesti- 
mates the  value of L/D associated w i t h  a given  value of CL by about 
10 percent. This agreement m i g h t  be  expected t o  improve a t  st i l l  higher 
Mach numbers. 

The f ac t  t ha t  for this comparison the data had t o  be corrected  to a 
Reynolds number other  than that a t  which the   t e s t s  were conducted is 
believed t o  introduce  only  negligible  errors  since  the  total  friction 
coefficfent is not a large pa r t  of the drag  coefficient and only a small 
correction w a s  required t o  the friction  coefficient.  Also the change in  
shin f r ic t ion  computed theoretically was i n  agreement w i t h  the experimen- 
ta l ly  determined effect  of varying the Reynolds number. 

These results may be compmed t o  results obtained fo r  bodies  such 
as those  reported by Ridyard in  reference 20. In this reference, cone 
cylinders and bodies with D-shape cross  sections were tested a t  M = 6.86. 
Since  there is a general  increase i n  the efficiency of bodies with 
increasing Mach  number they can be expected t o  provide much o r   a l l  of 
the l i f t  required In hypersonic f l igh t .  On the  other hand the more highly 
swept wings m i g h t  be  considered t o  perform the  functions of bodies though 
the wings considered here were not chosen for their efficiency  in hyper- 
sonic flight. When ccmpared with the  results from reference 20 a l l  of 
the w i n g s  are  found t o  be more eff ic ient  than the loo cone cylinders 
except for   the wings with the larger apex angles a t  low lift coefficients. 
The body designated as D-body 2 gave results equivalent t o  those from 
the wing w i t h  E = 9.93O. D-body 3 of reference 20 might be considered 
somewhat bet ter  than the wing w i t h  E: = 5O since  the maximum lift-drag 
r a t i o   f o r  the body,  which is about  equal t o  that fo r  the w i n g ,  occurs a t  
a higher l i f t  coefficient.  In  general, for  values of CL greater  than 
that at which (L/D)- occurs the values of L/D obtained fo r  D-body 3 
are slightly  greater  than  or equal t o  (at   large CL) those f o r  any of the 
wings  tested. The difference in Reynolds number between the  resul ts  of 
the present tests and those  reported  in  reference 20 are  not  large and 
therefore are not  believed to be important fo r  this comparison. 

A C  

Center of h-essure and Moment Coefficient 

As shown i n  figure 13, moment data indicate the center of pressure 
t o  be close t o  the  center ,of area for  the two wings fo r  which such data 
were obtained. For E = 2 2 O  .the center of pressure was within 10 per- 
cent (ahead) of the center of area varyhg somewhat w%th u (in  the 



- 
range 00 to Eo), while  for  the wing with E = 5O the  center of pressure 
was  essent ia l ly   a t   the   center  of area  (within  the data accuracy)  over  the 

wings at  Mach numbers between 1.6 and 2.4 also found. the  center of area 
and the  center of pressure t o  be practically  coincident. 

- range of angle of attack frdm 0' t o  21°. Love (ref.  13) in tests of these 

Schlieren Photographs 

Figures 14 t o  17 present  schlieren photographs taken during  the 
course of this  Fnvestigation. These schlieren photographs i l l u s t r a t e  
the shock patterns  about  the w a s .  The side views (figs. 14, 16, and 17) 
show that the shock from the under surface becomes essent ia l ly   paral le l  
t o  the chord l i ne  a t  about a = 20° for   the wing w i t h  E = 5O and a t  
higher  angles of a t tack  for  the other w i n g s .  The side views of wings 4 
and 5 In figures 1 6 ( ~ )  and 17 show the shock t o  be lying essentially 
along the  ridge line a t  the  front of the wing. 

For wing 2 (E = 22') theory  indicates that the shock is  Just at  the 
detachment point a t  a = 0. The schlieren photographs of t h i s  w i n g  taken 
with  a  top view (fig.  15) appear t o  substantiate this, the  vfsible disturb- 
ance leaving the wing a t  i ts  verg t i p  a t  a = 0. As u increases the 
shock moves  away from the leading edge. The top view B C ~ ~ ~ W I Z I I  photograph 
of wing 5 (E = 5 O ) ,  figure  l7(a), at  essentially a = 0 shows a weak 
shock standing at  an angle of about 5O frcmn the wing leading edge. 

Surface Film Flow Studies 

O i l  flow studies on the  surface of wings 2 md  5 (e = 22O and 5O) 
(the  results of which are s h m  fn f igs .  18 and 19) were made by viewing 
the  patterns made by the  fluorescing o i l  during a run. 

The resul ts  from the lower surface of wing 2 (figs. 18(c) and 18(e) 
and other  pictures)  indicate the surface flow is essent ia l ly   para l le l   to  
the  free-stream flaw. A t  a = 6.90 aside from the  area  affected by the 
shock from the  st ing  there is  an indication of a disturbance  starting  just 
behhd  the  thiclmess peak and extending  out as a ray on either  side of 
the  center  line. !Chis disturbance, however, does not appear t o  affect  
much of the  area of the lower surface. A t  a = 18.8O on the lower BUT- 
face  the flow l ines  axe similar t o  those  experienced a t  a = 6.90; how- 
ever,  there  appears t o  be a short  length of flow separation l ybg  along 
the  ridge  line as s h m  by the accumulation of o i l  Just behind the  ridge 
line. 

On the upper surface of wing 2 (figs. l8(b) ,  (a), and ( f ) )  the flow 
phenomena appear t o  be sanewhat more canplicated. In general,  for all 
the  angles of attack  investigated  there is  an expansfon around the ridge 
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l ine after which the f low separates. A shock probably is  present where 
the  separation  occurs. The l i ne  of fluw separation moves closer t o  the 
ridge l h e  88 the angle of attack  increases;  the  separated flow apparentu 
reattaches to  the  surface  farther towards the wing center  line,  curling 
under and moving toward the t ra i l ing  edge. The rays fndicating flow 
separation and reattachment  apparently have their  origin a t  the maximum 
thiclmess  location. %is flow phenomenon considered is  apparently com- 
patible with the theoretical concept advanced by  Brown and Wcheals 
(ref. 21). In addition t o  this flow there  appears  to be a separation 
emanating from the t ra i l ing  edge  of wing 2 which has a weak flow a t  the 
surface  counter to   the  stream flow which moves forward t o  cover more of 
the upper rear surface as the  angle of attack  increases. In addition  to 
the leading edge, a region of high shear i s  found along  the  center of the 
upper rear  surface  at  all angles of attack  investigated. Also, a  disturb- 
ance is found a t   t he  wing t i p  covering only a smll area which appears 
t o  be dis t inct  from the other  disturbances  discussed. The schlieren 
photograph  corresponding t o  those of the  surface  fluid flow studies  are 
sham in figure 15. 

The flow patterns  obtained on the upper surface of w i n g  5 (E = 3O), 
figure 19, appear t o  be roughly similar in  the general  location and move- 
ment of the rays sham by the o i l  accumulations t o  those  obtained from 
wing 2. These rays again  apparently have their origin at the  point of 
maximum thiclmess. Again a high shear  region is found lying  along  the 
center line of the upper rear  surface  but this region  occupies a much 
greater  proportion of the wing mea as compared to  wing 2. Separation 
near  the trailing edge appears t o  start a t  the   t ip  moving in  toward the 
center  l ine and affect ing  mre of the wing as  the  angle of attack 
increases. The bright mea at  the visible forward pa r t  of wing 5 in 
figure lg(b)  is caused by reflected light and does not indicate an o i l  
accumulation. 

The effects found on the upper rear surface of wings 2 and 5 appear 
t o  be roughly similar to  those found at  lower supersonic Mach numbers. 
f o r  example, the work of Love (ref. l3), Boyd and Phelps (ref. 22), 
Hatch and Gallagher (ref. 23), and Love and Grigsby (ref. 24). The inves- 
tigation  reported  in  references 22 and 23 w a s  made w i t h  thin ael ta  w i n g s  
w i t h  rounded and sharp leading edges in the Mach  number range between 1.2 
and 1.9. For varioue reasons a detailed comparison t o  these  results is 
not  feasible . 

SUMMARY OF RESULTS 

A progcam t o  investigate the aerodynamic characteristics of a family 
of delta wings w i t h  a blunt  doale-wedge  section has been conducted a t  
the Langley 11-inch hy-personic tunnel a t  a Uach nmiber of 6.9. These 
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w i n g s  had a maximum thickness of 8 percent of the  chord  located  at the 
18-percent-chord  point.  The semiapex angle  of  the wings m a  vmied from 
300 down  to 5O and  the wings were  tested over a range  of  angle of attack 
from Oo to 280 and Reynolds  numbers  in  the  range of 0.8 x 106 to 3.6 x 106 
based on root  chord. A n  analysis of the results of this  investigation 
and  comparisons  with  existing data for  wings of the same family at lower 
supersonic  Mach  numbers  have led to  the  following  observations. 

1. The  lift and drag  coefficients lay in the region bounded by the 
two-dimensional  shock-expansion  theory and the  Newtonian  impact  theory. 

2. The parameters  suggested by the  linear  theory m e  not  of any aid 
in correlating  the  data  at high supersonic  Mach  nunbers,  that  is, Pllach 
numbers  above  about 3. 

3. Consideration  of the  available  data f o r  these w i n g s  at  Mach nun- 
bers  between 1.62 and 6.9 indicates that when the leadug-edge shock 
wave  is  detached the drag and lift-curve  slope  at  zero  angle  of  attack 
for a given  semiapex  angle  tend toward the values given by  two-dimensional 
shock-expansion  theory  with  increasing Mach nuniber when the semiapex 
angle  is  equal  to  or  greater than 22O. For semiapex  angles less than 22O 
the  data  indicate that the  trend w i t h  Fncreasing  Mach number is to 
approach  the  approximate  value far the Wticular wing given by the  impact 
theory.  For  the  more  highly  swept of these wings, then, it  appeazs  that 
the wing geometry  is  such  that  shock  attachment  does not have any decided 
effect upon the  trend of the lift-cme slope  and  drag  at zero of 

I attack  with Mach number. 

4. The  lift-drag  ratfo  increases with decreases in semiapex angle 
mainly because of a rapid  decrease in chord  force  as  the  angle of attack 
increased. 

5. The moment  data  indicate the center of pressure to be  close  to 
the  center of area  for  the two wings for which such data were  obtained 
(semiapex angles of 220 and 50). 

6 .  Surface film flow studies  indicate  the  presence  of  shocks on the 
upper  rear  surface roughly S i m i l a r  to  those found at lower supersonic 
Mach  numbers. 

Langley  Aeronautical  Laboratory, 
National Advlsory Committee  for  Aeronautics, 

Langley  Field, Va., July 12, 19%. 
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THE NEWTONIAN IME'ACT THEaRY APPLIED TO DELTA WWGS 

In order to obtain the orientation of a plane surface with  respect 
t o  a flowing gas ,  consider the plane  whose  intercepts a r e  XO, yo, and 
20. The intercept  equation gives 

The direction costnes to the plane are1 

I/% cos a = - 

UYO cos p = - 

E" Yo =o 

-~ ~ 

h e  symbol a in this appendix is used t o  designate the direction 
angle from the x-axis of the normal to  the plane as is conventional while 
u" will be used to desfgnate w i n g  angle of attack. In the main body of 
the  report a designates WFng angle of attack. 

~~ 
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I 

I .  

cos a = k , 
sin p 

And combining equations (A2) and (u) 

If the  surface under consideration is the  front  plane of a swept 
wing with the line - zo designating  the  front ridge l ine  (flaw par- 
a l l e l   t o   t h e  x d s )  then the direction  angle p is designated  solely by 
the wing geometry. In this case d t h  E the semiapex angle of the wing, 
a the  location of the ridge  line  termination in a fraction of the chord 
length,  c  the chord  length, and t twice the thiclmess at  the ridge- 
l ine  termbat ion (measured from and normal to  the Chord l ine)  there is 
obtained 

where a" is the  angle of attack measured from the chord l ine.  Thus, 
substituting  equations (A6) and (A7) i n t o  equatiom (Ab) and (A5) - 



20 

and 

cos an f - s i n  all 

cos y = 2ac 

[l + (-)2y 
In  equations ( A 7 ) ,  (A8) ,  m d  (Ag) where a dual sign is  indicated the 

ugper sign is used where the  upper surface is  being  considered and the 
lower sign where the lower surface ie under consideration. 

Now, the Newtonian impact theory assumes that the force  acting on a 
surface is  due t o  the inelast ic  impact of the fluid mass which impinges 
on the surface. Thus, Fn our notation the normal-force coefficient (that 
is, normal t o  the  surface) for a front  surface of a swept wing, for which 
the direction  angles of equations (A8) and (Ag) have  been obtained, is 

where Sf is the area of the surface and Sp is the total plan-form 
area of the w i n g .  Considering now a triangular plan-form w i n g  w i t h  a 
double-wedge a i r f o i l  where Sf is the  true area of a front  surface 

The l i f t  and drag coefficients of this front  surface are 
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- 
and w i t h  equrztions (A8) and (Ag) 

ag&in where a dual sign occurs  the upper one i s  used for the upper surface 
and the lower one for  the lower surface. 

Since  the  lee  surfaces do not  contribute t o  the  forces on a wing or 
body from imgact considerations, i f  the a i r f o i l  considered i s  a double 
wedge then a t  most one of the  rear  surfsces cazl contribute t o  the  aero- 
dynamic forces a t  any given att i tude.  (At the lower angles of attack 
both rear surfaces can be shielded from the flow and thus would not con- 
t r i bu te   a t  all t o  the aerodynamic forces. ) So fez as Impact theory i s  . concerned the rear surfaces of EL do.tible-wedge section triangular plan- 
form w i n g  are two dimensional and the  coefficient  for  the  force normal t o  
the  surface is . 

"2 

The ra t io  of the area of the  rear surface t o  the plan-form area is 
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Since 

and 
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The  lift and drag coefficients of the  rear  surface are  

sin a," - cos arr 
sin(a" - 12) = (1 - alc 

the  expressions f o r  C b  Etnd C+ are 

2(1 - a) C& = ti cos a l ~ ) 2 ( c o s  arr + 
1 +  t 2(1 - a)c 

t 
2(1 - a)c 

and 
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- r  
The surfaces  involved a t  any given angle of attack will depend on 

* the  value of a f o r  the upper and lower surfaces. Depend- on the 
L value of a and the  angle of attack, in  treating one-half of the wing 

anywhere from one t o  three  surfaces can be  involved. 

It should be  pointed  out that these equations can be easily adapted 
for the  determination of the  force  coefficients for ~JI airfoil tha t  is  
nonsymmetrical  about the chord, that is, fo r  a double-wedge a i r f o i l  which 
has differen3  values of a and t /c   for  the top and bottom surfaces. 

- 
4 

t 
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APPENDIX €3 

SHOCK DETACHMENT 

The symbols used in this  appendix  are  as follows: 

Mach  number  in  free-stream flow direction 

resultant Mach number normal to  leading  edge 

ratio of specific  heats  Cp/Cv 

a function of Mach  number 

maximum deflection  angle for shock  attachment 

semiapex  angle 

minimum  semiapex  angle for  shock  attachment 

angle of attack 

maximm angle of attack for shock  attachment 

angle at  leading  edge of a section  taken in free-stream  direction 
and in a plane  perpendicular  to  plan form measured from chord 
line 

Mach angle based on MI 

In order to  determine  the rroint of shock  detachment f o r  the  tri- 
angular plan-form wings under  c&sideration  the folloulng procedure is 
used. 

For the  determination of the  semiapex  angle for shock ddachment 
at a given angle of attack 

a + tam h l )  
2 
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I '  

where a c t d l l y  equation (B2) holds fo r  all values of E including Em. 
Cot S, is a function only of @ and can be obtained from 

where 

- .  

which a t  infinite Mach  number becanes cot ' S ,  = d m ) .  W i t h  
7 = 1.4 tabulated  values, such as those frm reference 25, can be used 
t o  obtain S, as a function of e. 

Since  equations (Bl) and (E) are i n t e r d e m e n t ,  they were solved 
by assuming various  values of @, thus girlng d u e s  of MI. The desired 
value of M1 was obtained by graphical  interpolation of the  ccquted 
values. 

To determine the angle of at tack  for  shock  detachment fo r  a given 
semiapex angle the followlng equation is used: 

- cot S, tan 7 q  

cot S, + tan hl 
tan a = sin e (a) 

Here again  values of & can be assumed and the corresponding MI 
determined from equation (E). 

For zero  angle of attack the tangent  ratio for ehock detachment c a  
be obtained easily from the re lat ion 
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which can be solved f o r  a given value of M1 after a deterruination 
of M2 by iteration from 
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TABLE I.- WING DIMEEISIrnS 

NACA RM ~54.~28 

f 

w i n g  
lerigaatio~ 

Semiapex 
-le, de 

h a t i o n  of 
maximum 

thickness 
lapec 
ratio 

Sketch 

30 .: 1 4.5a 

- 

4.84e 

- 

J .876 

- 

2.100 

8.77 0.18c 1.08 ?.310 

2 

3 : 18c 

.l& h l  4 

h i '  . 5 5 ;  8.800 L.540 6.78 .I& 
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TABU 11. - THE COEFFICIENTS OBTAINED FROM SHOCK-EXPANSION 

THEORY FOR A DOUBLl3-WEDCFE-SECTIOI? AJRFOIL 8 F!ERCm 

THICK AT ~~-PERCENT-CHORD POINT 

[M = 6.901 

CN 

0 
.OU8 
-0256 
.0362 
.0671 
.lo38 
-1443 - 1907 
.2426 
.3673 
.526 
.602 - 732 

CC 

0.0122 
.ol22 
.ou3 
.OX24 . o u g  
.0137 
.0148 
.0161 
0175 
.0205 
.0235 
.0247 
0279 

0 
.or26 
.a252 - 0356 
0657 . loll 
1395 
-1827 
.2298 
3381 
-4668 
525 
.620 

CD 

0.0122 
.0124 
-0132 
.0142 . or87 
.0271 
0397 - 05n - 0797 
.144 9 
.2436 
.2953 - 3 9 2  

3.51 
3 -73 
3.51 
3.20 
2.88 
2 *33 
1-92 
1.78 
1:59 

337 
9 345 
356 
367 - 379 

.400 
-418 
.424 
.430 
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(b) Mounting sting with dimensions. AU dimensions are in inches. 

Figure 1.- Concluded. 
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L 
D 
- 

Angle of attack,a,deg 

(a) E = 30°. 

Figure 2.- The variation  of  the  lift and drag coefficients  with angle of 
attack for the various del ta  wings t e s t e d .  M = 6.9. 
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(b) E = 22 . 0 

Figure 2.- Continued. 
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Angle of attack,a,deg 

( c )  E = 17.91'. 

c 

Figure 2.- C o n t i n u e d .  
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AI-Q!~ of attock,a,deg 

(a) E = 9.930. 

Figure 2.- Continued. - 
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Figure 3.-  The ratio of the lift coefficient of the delta w i n g s  to the 
two-dimensional lift coefficient as a functfon of angle of attack. 
M = 6.9. - 
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Figure 4.- !lBe ratio of the  lift-curve  slope at zero  angle of attack to the 
theoretical -hro-dimenslonal lift-curve slope at zero angle of attack aa 
a function of the tangent ra t io  for various Mach numbers. 
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Figure 5.- The lift-curve slope of delta wings at zero angle of attack as 
a function of the reciprocal of the Mach nmiber fo r  various semiapex 
angles. 

I_._ 
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0 
0 .4 .8 t.2 1.6 20 2.4 2.8 32 3.6 Bo 

Rgplodsnurnbar,R ,miltions 

Figure 6.- The drag  coefficient at zero  angle of attack  as  a  Function of 
the  Reynolds nuuiber for various  semiapex  angles. M = 6.9. 

I .o 

.8 

.2 

0 

Figure 7.- The  ratio of the drag at zero angle  of attack to the two- 
dimensional  shock-expansion  drag  at  zero angle of  attack as a Function 
of the  tangent  ratio  for various Mach numbers. 
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.2 ! .3 .4 .5 .6 3 .8 

- Figme 8.- The drag coefficient of delta wings at zero angle of attack as 
a function  of the reciprocal of the Mach n M e r  for various semiapex 
angles. 
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Two-dimensional shock- 
expansion theory 
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Angle of attack, a, deg 

. w e  9.- 'Phe ratio of the  change in chord-force  coefficient *om that 
at  zero  angle of attack to the  estimated  inviscid drag coefficient at 
zero  angle of at$ack as a function of angle of attack. E9 = 6.9. 
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0 4 8 12 I6 20 24 28 32 
Angle of attack, a, deg 

Figure 10.- Predictions of Newtonian theory for the lift-Wag ratio aB a 
function of angle o f  attack for variw semiapex angles. 
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Angle of attack, a, deg 

Figure 11.- Lift-drag ratio f’rom experiment and theory as a function of 
angle of attack. M = 6.9. 
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0 220 1.8 
0 17.91' 20 .0035 
A 9.93' 2.7 

Corrected theoretically 
from R 0211106 

""" 

Figure 12.- 'Ihe lift-g ra t io  as a function of lift coefPiclent for 
various semlapex angles where the plan-form area LE mintabed cm-  
s b t .  M = 6.9. 
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OO 4 8 12 16 2 0  24 
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Angle of attack,a,deg 

Figure 13.- The  moment  coefficient  about  the  two-thirds  chord  point and 
center of pressure as a function of angle of attack. M = 6.9. 



NACA RM ~ 3 4 ~ 2 8  

(a) u = 1.1~. 

/ 

c 

(b) a = 10.4'. 

( c )  a = 18.3O. 

49 

L-85580 
(a) u = 25.k0. 

Figure 14. - Side-view schlieren photographs of wing 2 (E = 22') at vmi- 
ous angles of attack. M = 6.9. 
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(a) a = 0.3~. 

(b) a = 8O. 

-5581 
( c )  OL = 18.8'. 

Figure 15. - Top-view schlieren photographs of wing 2 (E = 22') a t  various 
angles of attack. M = 6.9. 
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a 

(a) E = 300. (b) E = 17.g0. (c) E = 9.90. L-85582 

Figure 16.- Slde-view schlieren photogmphs of w h g s  1, 3, and 4 at two angles of attack. M = 6.9. 

. .  

' I  
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(a) a = 0.5'. 

(b) a = 0.T'. 

(c) a# = 10.1O. 

(a) a = 15.g0. 

. 

. 

. 
(e) a = 24'. 

Figure 17.- Top- andgide-view  schlieren photographs of wing 5 (E = 5 O )  
a t  various angles of attack. M = 6.9. - 

L-85583 

. .. - r 
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(a) a = 0.3'; no flow. (b ) a = 0.3' j upper  surface. 

(c) a = 6.g0; lower surface. (a) a = 8' ; upper  surface. 

L-85584 
( e )  a = 18.80; lower  surface. (f) a = 19-20; upper surface. 

Figure 18. - Surface fluid f low stuaies o f  wing 2 (E = 22') at':various 
angles of attack. M = 6.9; R = 2.3 X 10 . 6 . .  
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